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FLOW OVER LAMBDA WINGS WITH FLAPS 

O. N. Ivanov and A. I. Shvets UDC 533.6.011.55+629.782.015.3 

Flow over wings of lambda-shaped cross section and over star-shaped bodies has been in- 
vestigated in [I-5]. 

For control of an aircraft in the cruise regime and also for takeoff and landing one 
must have mechanical devices Such as flaps. Their effectiveness depends considerably on 
boundary layer separation. Separation on two-dimensional and axisymmetric bodies, and also 
three-dimensional separation in flow over obstacles have been studied in a number of papers, 
but as yet limited data are available on boundary layer separation on triangular wings with 
flaps [6]. No data have as yet been published On lambda wings with flaps. 

The flow and boundary layer separation on lambda-shaped wings with flaps have been in- 
vestigated in a supersonic wind tunnel at M = 0.3-3 and Re c = (I-3)'106 . We tested three 
models of triangular lambda wings with vertex angles A = 180, 160, 121 ~ and sweepback angle 
in the wing plane of X = 71~ (Fig. I). For all three models the flap slope angle was 6 = 0 
and 40 ~ , and for the model with vertex angle A = 161 ~ we also tested at 6 = 21 ~ . The ~Jing 
span for all three models was R = 140 mm, and the thickness was 10 mm. The wing leading edges 
were made sharp, with a wedge angle of B = 25 ~ , to obtain an attached Shock wave at M = 3. 
The models were attached to the s-mechanism by means of a rear sting with d = 28 mm and ~ = 
200 mm, in the form of a half cylinder with a wedge cutaway (# = 20 ~ ) along the central chord 
of the leeward side of the lambda wing. The pressure at points on the model surface with 
coordinates s along the central chord c = 200 mm was measured with an induction sensor, with 
the aid of a pressure commutator. The relative error of pressure measurement was • The 
oil film method was used to investigate the stream lines and the separation boundaries on the 
surface of the wing and the flap. 

We shall examine the influence of the vertex an~le A (Fig. la, ~ = 15 ~ M = 3, ~ = 40 ~ , 
points I-3 refer to A = 180, 161, 120 ~ ) and the flap deflection angle ~ (Fig. Ib, ~ = 15 ~ , 
M = 3, A = 161 ~ points 4-6 refer to ~ = 0.21, 40 ~ ) on the pressure distribution and the lo- 
cation of the separation point. The pressure distribution curves on the lambda wings and in 
the plane of the triangular wing (A = 180 ~ ) are similar, while the pressure on the flap con- 
tinues to increase as the angle A is reduced. It was established from the pressure measure- 
ments of [6] that the nature of the pressure distribution changes very little over the span 
of a plane triangular wing, in spite of the flow being three-dimensional in this zone. How- 
ever, the pressure on the flap varies appreciably over its span because of the intense spread- 
ing of the flow, and the maximum pressure is found in the central part. The vertex angle 
A = 161 ~ is close to the optimal angle of A = 150 ~ to certain the maximum lift-to-drag ratio 
in the class of equivalent wings [4]. On this lambda wing model we studied the flow for 
three values of the flap deflection angle (6 = 0.21, 40 ~ ) (see Fig. Ib). The flap deflection 
at angle 6 = 21 ~ for ~ = 0 gives a sharp pressure increase only on the flap, and at ~ = 15 ~ 
in the immediate vicinity of the wing-flap discontinuity (s/c = --0.025) (see Fig. Ib), which 
agrees with the results of [6], where nonseparated flow was found at hypersonic speeds for a 
plane triangular wing with flap deflection angles ~ < 20 ~ In addition, for this flap we 
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find a "pressure plateau" in the separated zone, and the pressure equilibration at the trail- 
ing edge is evidence that the reduced pressure behind the flap is transmitted upstream along 
the boundary layer and on the flap. 

For a flap deflection of ~ = 40 ~ the separated zone is propagated energetically upstream 
(see Fig. Ib). An increase in the angle of attack causes a pressure increase in the separated 
zone (s/c = 0.15), and, in contrast with the case of 6 = 21 ~ , the pressure in the separation 
zone becomes almost constant. The graph of the pressure distribution at large flap deflection 
anRle (6 = 40 ~ ) can be divided into four zones (see Fig. I): I) nonseparated flow (si/c = --I- 
-0.2); II) the start of boundary layer separation (Sil/C = -0.2---0.1), characterized by a 
pressure increase; III= separated flow (siii/c = --0.1-0) with a small pressure gradient; and 
IV) flow on the flap (siv/c = 0-0.1) with a strong pressure increase. 

It is known that the width of the separation zone on a triangular wing depends on a whole 
series of parameters: the Mach number, the flap deflection angle, the flap height (if this is 
comparable with the boundary layer thickness), and the temperature factor of the suction in- 
tensity. An additional factor appears in investigations of lambda wings: the vertex angle of 
the lambda wing, where the confinement of transverse flow spreading plays an appreciable role. 
The location of the separation point for a lambda wing with A = 161 ~ is found to be closer 
to the model nose than for a flat wing (A = 180 ~ ) (see Fig. la). Because of the pressure 
transmission mechanism the separation point moves upstream until a pressure gradient forms 
in the boundary layer, leading to an equilibrium of inertia, friction and pressure forces in 
the region of the separation point. The displacement of the separation point upstream on a 
lambda wing expands the separation zone, which also expands the seCtion of increased presure, 
and therefore the pressure drag and the total drag increase. However, further progression of 
wings from A = 161 ~ to A = 120 ~ has practically no influence on the width of the separation 
zone along the chord. 

Figure 2 shows a suggested flow scheme, constructed from the results of investigations 
using a carbon black-oil coating and flow photographs: ~) the laminar boundary layer; 2) the 
turbulent boundary layer; 3) the separation boundary; 4) the trailing edge circulation flow; 
5) the central vortex region; 6) the shock on the wing; 7) the shock ahead of the separation 
zone; and 8) the shock ahead of the flap. Inside the separation zone near the triangular 
surface of the lambda wing two vortices 5 are formed (Fig. 2a). The vortices detach from 
the main flow and move close to the flap surface. Formation of vortices in thecentral re- 
gions leads to a vigorous removal of the gas from this zone. Therefore, along with the for- 
mation of a "mixed" separation zone one finds that the separation point in the middle part of 
a lambda wing is displaced downstream. A "mixed" separation zone can be formed in the tur- 
bulent boundary layer case near the central chord, and near the edge for a laminar or transi- 
tional boundary layer. Near the wing-flap junction line additional vortex regions 4 form on 
the wing surface, and these have been recorded in the form of oil--black concentrations. A 
decrease of the vertex angle A leads to an increase of the trailing edge vortices. An added 
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s e r i e s  of  e x p e r i m e n t s  was c o n d u c t e d  t o  s t u d y  t h e  i n f l u e n c e  o f  f l a p s  on t h e  t r a i l i n g  edge  v o r -  
t e x  r e g i o n s .  I n  t h e s e  t e s t s  t h e  e n d s  of  t h e  f l a p s  were  c u t  o f f  a t  an  a n g l e  of  30 ~  and  t h i s  
l e d  t o  a c o m p r e s s i o n  o f  t h e  s e p a r a t i o n  z o n e ,  r e d u c e d  s t r e n g t h  of  t h e  t r a i l i n g  v o r t i c e s  and  
i n c r e a s e d  t r a n s v e r s e  o v e r f l o w  a c r o s s  t h e  e d g e s  n e a r  t h e  f l a p s .  

We now c o n s i d e r  c h a n g e  of  shock  wave s h a p e  i n  t h e  w i n g  symmet ry  p l a n e  ( F i g .  3 ) .  I n  
s u p e r s o n i c  f l o w  o v e r  a l a m b d a  w i n g  a t  M = 3 a t  z e r o  a n g l e  o f  a t t a c k  a p e r t u r b a t i o n  wave fo rms  
(~ = 19 .4  ~ ) w h i c h  b e g i n s  f r o m  t h e  w i n g  v e r t e x .  W i t h  i n c r e a s e  o f  a n g l e  of  a t t a c k  t h e  f l o w  i s  
d e f l e c t e d  f r o m  t h e  i n i t i a l  d i r e c t i o n  and  a bow shoc k  i s  f o r m e d  a h e a d  o f  t h e  m o d e l ,  l o c a t e d  a t  
a n g l e  ~1 t o  t h e  i n c i d e n t  s t r e a m  v e l o c i t y  v e c t o r  ( t h e  shock  s l o p e  a n g l e ) ,  and  a t  a n g l e  m t o  t h e  
a x i s  o f  t h e  l ambda  w i n g  mode l  ( s e e  F i g .  2 b ) .  The r e l a t i o n  b e t w e e n  t h e  a n g l e  C l ,  t h e  a n g l e  ~ ,  
and  t h e  a n g l e  of  a t t a c k  a c a n  be  e x p r e s s e d  by  t h e  r e l a t i o n  ~1 = m + a .  I n  t h e  c a s e  of  f l o w  
o v e r  t r i a n g u l a r  w i n g s  and  o v e r  l a ~ d a  w i n g s  w i t h  f l a p s  m o u n t e d  a t  a n g l e  6 = 2] ~ t h e  f l o w  r e -  
m a i n s  u n s e p a r a t e d .  On t h e  f l a p  t h e r e  i s  a d d i t i o n a l  f l o w  d e f l e c t i o n  w i t h  f o r m a t i o n  o f  a s h o c k  
wave .  The s t r u c t u r e  of  t h e  shock  waves  i n  F i g .  2b i l l u s t r a t e s  u n s e p a r a t e d  s u p e r s o n i c  f l o w  on 
t h e  f l a p ,  when t h e  f l o w  d e f l e c t i o n  a n g l e  a + 6 and  t h e  s h o c k  wave s l o p e  a n g l e  C3 a r e  l e s s  t h a n  
t h e  c r i t i c a l  v a l u e  ( f o r  a wedge a t  M = 3 t h e  c r i t i c a l  f l o w  d e f l e c t i o n  a n g l e  i s  6 ,  = 32 ~ , and  
t h e  s h o c k  wave s l o p e  a n g l e  i s  C, = 6 6 ~  

The s l o p e  a n g l e  of  t h e  bow s h o c k  f r o m  t h e  mode l  n o s e  ~1 i s  s h o w  i n  F i g .  3 ( i  = ]61 ~ , 
6 = 21 ~  M = 3) a s  a f u n c t i o n  o f  t h e  a n g l e  of  a t t a c k .  F o r  c o m p a r i s o n  w i t h  t h e  d a t a  f o r  l ambda  
w i n g s  F i g .  3 shows t h e  d e p e n d e n c e  of  t h e  s h o c k  s l o p e  a n g l e  on t h e  h a l f  a n g l e  a t  a wedge v e r t e x  
and  on t h e  h a l f  a n g l e  a t  a c o n e  v e r t e x  0 ,  and  c o m p a r e s  t h e  e x p e r i m e n t a l  d a t a  on t h e  s h o c k  
a n g l e s  ~a on t h e  f l a p  w i t h  t h e  s h o c k  s l o p e  a n g l e  ~ f o r  a wedge ( b r o k e n  l i n e s )  and  a c o n e  (do t - -  
dash lines) with a vertex half angle equal to the flap deflection angle (0 = 6 = 2]~ Here 
the Mach numbers of the flow over the wedge and cone were found from the value of MI behind 
a plane shock corresponding to flow deflection at the wing angle of attack (for angle of at- 
tack ~ = 5, 10, and 15 ~ , MI = 275, 2.5, and 2.25). The shock slope angles ~i and ~3 for the 
wings fall in the region bounded by the shock slope angles for the cone and the wedge. The 
shock slope angle ~3 for a deflected wing at angle 6 = 21 ~ does not reach the critical value 
for an increase of the angle of attack ~ up to 10 ~ In this case no boundary-layer separa- 
tion was observed in the investigation using the oil--black coating method. For a = 15 ~ on 
the lambda wing surface we saw the separation boundary immediately ahead of the flap, which 
corresponds to a sharp pressure increase (see Fig. Ib). A flap deflection at angle ~ = 40 ~ 
causes flow separation and a system of shocks, with e~ansion of the separation zone as the 
angle of attack increases (see Fig. 2c). For the wings tested the bow shock (the shock 6) 
in the plane of symmetry is a straight line over most of the chord, and a second shock 7 forms 
at the separation point. Ahead of the flap there is a shock 8 with a curved front, due to 
flow deflection by an angle larger than critical (6 = 40 ~ ) for the corresponding flow regime, 
and subsonic flow is found on the flap. With increasing distance do,stream from the flap 
axis the shock slope angle ~3 decreases (see Fig. 2b), and over a certain section remains 
larger than the value corresponding to subsonic flow. Further do,stream the shock slope ~3 
tends to a value corresponding to a perturbation wave, ~3 = ~ = arcsin (I/M). 

For transonic and subsonic flow over lambda wings without flaps (6 = 0) and with flaps 
at angle of attack ~ = 15 ~ (Fig. 4) the pressure in the base region decreases. This is as- 
sociated with the effect of transmission of reduced pressure in the near wake to the flap. 
As for supersonic flow, the windward surface pressure has a tendency to increase with re- 
duced vertex angle. The combination of a lambda wing with a flap gives a qualitatively 
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different flow picture at M = I, 2 than at M = 3. For example, for M = I, 2 the increased 
pressure zone expands appreciably and reaches the point s/c =-0.45 (Fig. 4a, A = 161 ~ , M = 
I, 2, e = 15 ~ , points I-3 correspond to 6 = 0~ 21, 40 ~ , respectively). In this zone there 

is no clearly pronounced "pressure plateau," the pressure on the flap reaches a maximum and 
decreases near the trailing edge, and one also finds regimes for which the pressure is de- 
creased over the entire flap chord. The expansion of the separated flow region due to the 
proximity of the wings appears at all angles of attack more strongly than for M = 3. 

The pressure ahead of the flap at subsonic speed (M = 0.39), as for M = I, 2, increases 
smoothly and reaches its maximum in the flap region (Fig. 4b). With increase in the vertex 
angle the concavity of the pressure curve is reduced, which is evidence of overflow on the 
leeward side of the lambda wing, and the volume of the separated zone decreases because the 

vortices come close to the surfaces. We note that the influence of incident flow velocity on 
the pressure distribution is much more appreciable than the influence of the vertex angle. 
While for flow over a lambda wing at velocity corresponding to M = I, 2 with increase of flap 

deflection (6 = 0, 21, 40 ~ ) we observe a considerable pressure increase over the wing chord 

(see Fig. 4a), for low Mach numbers (M = 0.39) the influence of angle of attack and flap de- 
flection angle is very little (see Fig. 4b). In this case the influence of the base region 
and the leeward side of the model extends over the whole flap. 

One should note the influence on the increased pressure zone of Mach number variation 
(Fig. 5a, 6 = 40 ~ , ~ = 15 ~ , points I-3 correspond to A = 180, 161, 120 ~ , respectively). With 
increase of M the distribution of the aerodynamic pressure over the wing changes, and in the 
transonic flow range an expansion of the increased pressure region sii/c causes an increased 
pressure drag. A similar variation of the increased pressure zone (FSg. 5a) in the transonic 
region can cause sharp changes in the location of the center of pressure and can influence 

the stability and control of the aircraft. 

For all the flow separation cases the pressure Pl increases and reaches some constant 
value p2 in the separated zone (the so-called separation zone plateau). The parameter p2/p] 
is called the critical pressure ratio in the oblique shock arising ahead of the separation 

point. The critical pressure ratio does not depend on the method of generating the shock, 
but is only a function of the Mach number (Fig. 5b, dot-~ash line, 6 = 40, ~ = 0) and is ap- 

proximated by a formula of the form [7] 

P2~1 - -  0 . 5 i 5  ~ 0.675 M. 

With increase of M the critical pressure ratio increases, and the vertex angle A has a 
slight influence on the value P2/P~, while a decrease of A causes an expansion of the in- 

creased pressure zone Sll/C (see Fig. 5a). 
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DETERMINATION OF THE INTENSITY OF A FREE VORTEX SHEET WITHIN THE 

FRAMEWORK OF LIFTING SURFACE THEORY 

N. F. Vorob'ev UDC 533.69 

A free vortex sheet leaving the edge of a small-span wing exerts substantial influence 
on its lifting properties. The problem of the flow around a finite span wing is a potential 
stream reduces in lifting surface theory to singular integrodifferential equations with a 
free surface. The method of discrete vortices turns out to be effective for the solution of 
problems on the flow around a wing with a free surface. A discrete vortex scheme is proposed 
in [I] for a finite span thin wing in which the intensity of the vortex line congruent with 
the wing leading (including side) edge is assumed equal to the intensity of an attached line 
vortex that goes over into a free vortex on the wing independently of the wing planform. 
However, as comparison between the numerical computations performed [2] and experimental 
results shows, the intensity of a free vortex sheet, exactly as its configuration, depends 
on the wing planform and the degree of wing roundoff and deflection. In the case of thin 
wings with plane middle surface, the principal factor governing the convergent vortex sheet 
is the wing planform. A discrete vortex sheet is proposed in [2-4] for a finite-span wing, 
where the dependence of the intensity of the free vortex sheet on the wing geometry is taken 
into account by the introduction of a parameter 0 ~ K < I. The value K = 0 on the wing cor- 
responds to the regime of unseparated flow around a wing, and K = I to the model used in [I]. 
The magnitude of the parameter 0 < K ~ I for a specific sweep angle was established by com- 
paring computed and experimental results. 

Convergent conditions for finite-span wings are formulated in this paper that permit 
determination of the dependence of the free vortex sheet on the local wing sweep angle in 
explicit form by starting from the line vortex conservation conditions in a potential flow. 
Results of a computation of the total aerodynamic characteristics of rectangular and tri- 
angular wings of different spans are compared with existing experimental data obtained in 
wind tunnels. 

In conformity with vortical lifting surface theory, the vortex surface attached to the 
wing trailing edge goes smoothly over into a free vortex surface; the line vortex intensity 
is here conserved. On the wing leading (side) edges, the nature of the runoff of the vortical 
layers from the lifting surface is determined by their interaction with the free stream. Ac- 
cording to available experiments on bubble visualization in flow channels and oil--soot visual- 
ization of streamline tracks on wing surfaces in a wind tunnel, the streamline (line vortex) 
pattern in the flow over a triangular-thin plate at an angle of attack is shown schematically 
in Fig. la, where the free vortex surface convergent with the leading edge is displayed on 
the left side of the wing, and streamlines on the upper wing surface, on the right. The 
leading edge is the envelope of surface stream lines approaching the wing and the line vor- 
tices convergent with the wing. The attached line vortex (vortex tube) is divided into two 
components upon approaching the edge L and touching it; a line that has a direction in agree- 
ment with the tangent to the wing edge, and remains connected to the wing and a line that 
converges with the wing surface while becoming a free line vortex (Fig. Ib). The binormal 
velocity component from the free stream side hinders runoff of the thin vortical layers at 
the leading edge. As numerous experiments show, the intensity of the vortex sheet coincident 
with the leading edge in thin wings around which there is flow at an angle of attack will 
grow as the sweep angle of the edge increases. 
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